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This I s  one of .three final reports on a program to corplete the enalysis 
of & s t i n g  aerothellodynaric t i a t  data obtained during the X-20 program. 
The work has been sccompllshed by The Boeing Ccrpany d e r .  Contract XAS 
1-4301 vith -8 Iangley Research Center, Hampton, Virginia . A. L. Eagel 
was the p r o m  r a ~ . ~ c r ~  E. L. Olles was the printrips1 investigator, and M. 
E. Bertram was the EASA contract lronitor. Flnal report8 have been prepared 
for each of three tasks$ 
Task I - AnfiLy8le of Hypersonic Pressure and Heat R9nsfer 
Tests on Delta W i n g 8  with Tnaainnr and Turbulent 
Boundary Layers. 
Task I1 - Analysis of Hypersonic Pressure and Heat Transfer 
Tests on a Flat.Plate with a Flap and a Delta W i n g  
with a Body, Elevons, Fins, and Rudders. 
Task I11 - Analysis of Pressure and Heat Transfer Tests on 
Surface Roughness Elements with Laniaar and Tur- 
bulent Boundary Layers. 
ReSult8 of Task I1 are presented i n  this report. 
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AHALYSIS OF HWERSOHIC PRES- ARD HEAT 
BODY, ELEVDHS, PIAS, ARD -DER3 
By H. L. Giles 8 n d . J .  W. Tharas 
Resalts  are  presented of an analysis of hypersonic boundary layer separa- 
tion and flow field  interferenue  data  taken d t l r i n g  the X-20 (Dyna-Soar) program. 
Pressure and heat  transfer  data were taken 011 a sharp flat  plate  at llach nuubers 
of 6.38 and 15.15 and Reynolds mmbers per foot,  based on model  length, of 1.404 
x 107 and 1.12 x 105, respectively, in  the  Cornell  shook  tunnel.  Tests on the 
flat  plate  model  included  angles of  attack -15" to +15' and flap  deflect- 
ions frcm -45" to +45'. Also included  were  tests of the  flat  plate d e l  with 
span extensions to evaluate the  three-dimensional  effects on separation. Tests 
of a  blunt  delta wing were made  at M c h  numb r 8.08 at a  Reynolds  number  per 
foot,  based on a model length,  of 1.202 x 10 % in the AEDC tunnel B. Separation 
tests were made  at angles of attack *an Q to 30" with elevons  deflected O', 
20', and 45' . A body  vlth  a  canopy  windshield  and  swept  vertical  fins w s
tested on the blunt  delta wing model to evaluate  interference. The interference 
tests  were  made  at angles of attack frcm -10' to +2V and  at yaw angles of O', 
+5', and -5' . 
Larinar and  transitional  separation  plateau pressure data  are  canpared 
with results  obtained  using  eristing  two-dimensional  theoretical  and  empirical 
methods. The  areas  of  separation on the  blunt  delta wing are  defined. Baun- 
dary  layer  separation  lengths  are caarpared with two-dimensional analytical re- 
sults and are  empirically  correlated  with  a  modified  theoretical  relation. 
Peak pressures on the  elevon  are  compared  with an attached-flow  theory.  Theo- 
retical  heating  rate  predictions  are c-red with test  data.  Pressure  and 
heating on the  expansion  side of a  sharp  flat  plate  are  compared  with  a r scous
theory.  Interfering flow effects  are found to be  extrenely  coaplex  and  cannot 
be predicted by  existing  techniques. 
At  the  beginning  of  the X-20 program in Rovember 1959 there was an ur- 
gent  need for  aerothermodynamic  information on complex  configurations,  part- 
icularly  on  flow  separation  and  interference.  Although  much  work  had  been 
done  for  flat  plates  and  simple  shapes  under  ideal  conditions,  there w e r e  few 
data or  techniques  available  for  application to the  design  and  analysis of
actual  vehicle  configurations. 
In order to provide an experimental  basis  for  configuration  development 
and aid  in  development  of  theoretical  methods, an extensive  parameteric 
series  of  delta  wing  tests wa conducted  early in the X-20 program. In con- 
junction  with  the  delta wing program,  tests  were  performed on configuration 
. buildups,  including  blunt  delta  wings  with  tip  fins and  deflected  rudders,: 
bodies  tailored  for  housing  necessary  equlpuent  for  flight  and  crew  compart- 
ments,  and  deflected  elevons.  Additional  tests  of  basic  flat  plates  were 
performed  with  deflected  flaps  and also with  span  extensions.  One  purpose of 
the  tests was to extend the  Mach  number  range  of  the  current  data. 
Although  some  of  these  data  have  been  reported  in X-20 program  document- 
ation, no complete  analysis  of  the  data  had  been  made,  nor  any  analysis  re- 
ports  written. This report  presents  the  separation  and  interference  data, an 
appraisal of the data,  and  comparisons  of the  data  with  existing  theories. 
Included  are  the  pressure  and  heating  on  a  sharp  flat  plate  with  deflected 
flaps  at  Mach 6.38 and 15.15 and on a  blunt  delta wing with deflected 
elevons  at  Mach 8.08. Interference  pressure  and'  heating  data  are  presented 
for  combinations of tip fins and bodies  with  the  blunt  delta wing, The -3- 
ority of  the  data  are  for  laminar  flow;  however,  some  turbulent  flow  data  are 
presented. 
Although  considerable  time  has  elapsed  since  these  tests  were  made, 
there  still  remains  a  need  for  hypersonic  separation  and  interference  data, 
particularly  on  composite  configurations.  Accordingly,  the NASA has  financed 
the  continued  analysis  and  publication of the data. Two other  reports in 
this  series,  references 1 and 2, present  the  results of  delta  wing  heating 
tests  and  surface  roughness  tests  conducted  during the X-20 program. 
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cP pressure coefficient 
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The X-20 experimental  data  presented  in  this report were  obtained ficm 
tests  of  a  blunt  delta wing model and a  sharp  flat  plate  model in the  Arnold 
Engineering Developtent  Center (AFDC) t m e &  B and in the  Cornell  Aeronautical 
Laboratory (CAL) 48-hch shock  tunnel. ' ' Reference 3 is  the  Cornell  data 
report  for  the shock tunnel  tests.  A sumaary of  test  conditions  for  each 
model is presented In Table I. The pressure and heat  transfer  data  for  both 
of the  tests  discussed In this report yere reduced by the e n d  tunnel  organ- 
izations  that tooh the data. Purther  reduction  of  the  thin-skin  heat  trans- 
fer  data f r o m  tunnel  B was accomplished  by  The  Boeing Cmpmy. 
Blunt  Delta  Wing  Model  in AEDC hrnnel B 
The blunt  delta wing model,  ADk62M-1, was tested in the AEDC tunnel B. 
The delta wing was 14 inches  long  with a 73" swept  cylindrical  leading  edge 
and a  spherical  nose  cap  of  the  same  diameter s he  leading  edge. Two de- 
tachable  bodies  were  provided;  together  with t o sets of detachable  tip- 
mounted fins with  deflected  rudders,  and two  sets of detachable  deflected 
elevons. The  AD462M-1  model  configurations  are  shown in figure 1. 
The delta wing model was electroformed of nickel vith a nominal  skin 
thickness of 0.05 inches. It was instrumented  with 5 ail (#36 gage)  chramel- 
alumel  thermocouples  welded to the  inside  of  the skin and pressme taps  which 
were  connected to nine  pressure  transducers  through a scanner  valve. The 
thermocouples  were  attached on the  right  side of the  model  and  the  pressure 
taps on the left  side. The bodies,  fins  and  elevons  were  instrumented  with 
pressure  taps  and  thermocouples. 
kuren, R. J. : Data  Report - Arnold  Engineering  Development  Center  Tuaael B, 
Baeing  Airplane Coarpany Test no. I 2  Mach 8 Heat  Transfer  and  Pressure 
Test on ADb62M-1, a  Glider  Configuration.  Boeing  Document ~2-8045, 1961. 
Available on loan from The  Boeing  Company. 
bComelius, J.B.: Data Report - Re-evaluated  Heat  Transfer  Data from the AED& 
B-BAG1012 Test of the AD462M-1 Model. lkeing Doeument D2=8&5-l, 1962. 
Available on loan f'rem The lkelng Cmpany.  
%llison, R.K.: Turbulent  Reference, Roughness, Leakage,  and  Deflected Sur- 
face  Heat  Transfer and Pressure  Tests  for  The  Boeing  Campany  Conducted 
In the CAL 48" Hypersonic  Shock  Tunnel.  Boeing  Document D2-80910, 1963. 
Available on loan ram The B a i n g  Compsny. 
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The AEDC tunnel B is  a continuous-flaw,  closed-circuit,  rsriable-density 
wind  tunnel. The staption chaniber air vas heated by use  of  a  propane-fired 
heater  and was expanded to test  section  conditions  through an axismetric 
convergent-divergent  nozzle  contoured  for a nominal Elach number of 8. The 
d e l  was supported froa the rear by a sting  which was fitted  into  a  hydrau- 
lically actuated  sector. The  sting  could be pre-bent  at 3.55 inches  aft of 
model,  eliminating  large  sting  deflections  at high angles of attack. 
For  the  heat  transfer runs, the  model was enclosed in  cooling  shoes a l e  
the  tunnel was s t a r t e d  and while angle of attack was being changed. The  abdel 
was cooled  by  low  temperature  air.  The  cooling shoes were  surriciently large 
that  the  model could be  pitched  while  being  cooled. The  retraction of the 
shoes  requlred  approximately 0.5 seconds from the  tlme  the shoes were rully 
closed  until  they were fully open. 
Wind  tunnel  total  pressure  and  total  temperature were measured in the 
Stagnation  chamber  upstream  of  the  nozzle. The test-section  Mach m d x r  at 
each  stagnation pressure is  defined as the  average  Mach  number  in  the  test- 
section  core  as  determined f'ram pitot surveys. The following enrpirlcal e p -  
tion  has  been  written o predict  the  tunnel  Mach  number  as a fbnction  of 
total  pressure (psia): 
Tunnel  static  conditions, it, were  then  calculated  using  the 
perfect-gas  isentropic-flow d e l  stagnation  pressure,.P;a; 
was calculated  using  the  free  stream  Mach  number and the  perfect-gas noL183- 
shock  equations  of  reference 4. 
The blunt  delta  wing was instrumented  for  heat  transfer  measurement with 
thermocouples  spotwelded to the  inside of the  skin. The temperature was re- 
corded  every 0.05 seconds  for 10 seconds. The temperature  time  derivative, 
dT/dt, was then  calculated  at  the  midpoint of a second-order  "least-squares 
curve  fit"  through 21 temperature  points. The  local  aerodynamic  heat  trans- 
fer  rate was then  calculated  using  the  relation: 
where p is  the  skin  density,  c  is  the skin specific  heat, T is  the  skin  thick- 
ness, Taw is  the  adiabatic wal l  (local  recovery)'  tempersture andpTw is the wall 
temperature. 'The adiabatic  wail  temperature was calculated  from  the f o l l a n g  
equation: 
1+- 1 - A  2 
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where  alacal  is the -e between the  free streeun velocity  vector and the 
local tangent .plane. The recovery  factor, r, YSS taken as 0.85 for .ladnar 
flaw and 0 . 9  .for  turbulent flow. Although  equation (3). is not  'exact  except 
at the wing leading edge and the  stagnation  point,  the  error will be slrall 
because of the small value of (1 - r) . 
A l l  calorimeter-model  heat  transfer  data  were  corrected  for  lateral  con- 
duction  by  the  Thanas-Fitzsianons method (ref. 1) whlch  basically  consists  of 
extra . latlng  the curve of heat  transfer  coefflcient  versus  tine  (or  temper- 
ature p" back to the s t a r t  of the  test run. For  the  blunt  delta wing (AD46eM-1) 
the test was assumed to s t a r t  at  the t h e  the  coqllng shoes were fully open, 
whlch  corresponds to t = 0.5 seconds on the tauperatmi versus  tine  trace. 
The method 18 illustrated by the  aata of figure 2. As shown, the measured 
heat  transfer  coefficient  decreases tediiy with  tlme,  indicating an in- 
creasing  amount  of  heat  conduction  away fr& the  thernrocouple  location. The 
parabola  fitted  by  the  method  of  least squares is  also  shown. As 'indicated 
on the plot, the  tlme  of  test initiation,  to, is' 0.50 sec, leading to the 
corrected  value  denoted  by the filled  square. As shown,  the  conduction  effect 
on the  last =asrired  heat traqsfer  coefficient was more than 30 percent. The 
corrected  heat  transfer  coefficient, hA, is seen to be sap~c 12 percent  above 
the  highest  measured  value.  It  is  also  seen to be  several  percent  above  the 
corrected  value  obtained  by  the more camnon V2T method*  where  the  measured 
shin temperatures are used to calculate  the  conduction  rates. 
The symbol T in equation (2) is  the  local  ratio  of  the  skin  volume to 
the  volume of the heated  .surfaae - actually,[d( skin volume)/d( skin external 
surface area)] - which  for a flat  surface  is  just  the measured skin thickness. 
On models with curved shins the [d( skin volume)/d( skin external  surface area)] 
I s  no longer  the measured skin thickness. 7 but an effective  thickness 7eff 
which I s  a  function of 7 The following correction was applied to the 
measured  heat  transfer  coefficient to account  for  the  change  of  skin  volume 
per  anit  surface  area on curved surfaces: 
For  cylindrical  surfaces,  the'measured  heat  transfer  coefficient nay be 
corrected a~roxlmately by: 
(7) = (1 - &) 
rThe Laplaclan  aperator, V , is  defined  by 2 
where x and y  are measured in the plane of the skln, and are  orthogonal. 
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where R is  the  radius  of  curvature.  The maximum volume  correction  used in 
thls  report  occurs on the  fin  leading edge. For  this position, 
Teff = * 9 7  
Sharp Flat  Plate  Model  in  Cornell  Shock  Tunnel 
The sharp flat  plate d e l  (AD64w-1) shown  in  figure 3 was tested in 
the  Cornell  shock  tunnel.  The  plete was I2 inches  long  and 7 inches  wide 
with  the aft 4 inches  hinged  to  permit  flap  deflection  either  up or d m .  
The span of  the  plate  could  be  extended to 18 inches  with  side  plates. 
The  plate and flap  were  instrumented  with  fourteen  pressure  and  fourteen 
heat  transfer  gages.  Eleven  pairs of gages  were  placed  near  the  plate  center- 
line,  the  pressure on the  left and heat  transfer on the  right. The  remaining 
three  pairs  were  oriented  spanwise on the  flap, 1.6 inches from the  trailing 
edge, as shown in figure 3. The pressure  transducers employed lead  zirconium 
titanate  piezoelectric  crystals  which  are  extremely  sensitive,  and  incorpor- 
ated a  dual-element  feature to eliminate  the  acceleration  effects.  The  trans- 
ducer  output was recorded on an oscilloscope. The transducers  were  cali- 
brated  after  installation in the  model. The  voltage  variation was linear  over 
the  range of pressure  encouutered,in  this  test.  The  pressure  instrumentation 
has been  described  in  detail  in  reference 5. 
Heat  transfer  rates  were. measured using  thin-film  resistance  thermo- 
meters. A thin  film  of  platfnum  approximately 0.1 micron  thick was painted 
on a Pyrex  substrate  which  had  been  shaped to the  model  contour. A thin 
dielectric  coating was degos13ed &I the gage 6orfac.e to insulate  the  metal- 
lic f i l m  from ionized  air  flow. The .gages  were  calibrated by measuring  the 
change  of  resistance of the  metal  film as a fbnction  of  temperature.  Since 
ita  heat  capacity  is  negligible,  the  film  instantaneously  measures  the  trans- 
ient  surface  temperature  of  the  gage.  The  heat  transfer  instrumentation  has 
been  described  in  detail in reference 6. 
The  Cornell  hypersonic  shock  tunnel  has  been  described  in  references 7 
and 8. The  tunnel  employs  a  constant-area  reflecting  shock  tube to supply 
air to a  contoured  convergent-divergent  hypersonic  nozzle.  The  "tailored 
interface"  technique,  wherein  the  states  of  the 'gases on either  side  of  the 
shock  tube  driver-driven  interface  are  matched,  supplies  test  air  for  
sufficient  length  of  time to allow  accurate  measurements  of  pressure and heat 
transfer  rates on the model. The  temperature and pressure of the  stagnation 
chamber  is  determined  by  the  initial  temperature  and  pressure  of  the  driven 
tube  air and  the  shock  Mach  number. The  stagnation  pressure  and  the  speed 
of  the  incident  shock  were  measured  on  every run to determine  nozzle  supply 
conditions.  The  test  section  Mach  number was determined  for  the  nozzle  used 
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by  pitot  pressure  calibrations  with  the  assumption  that  the  flow was isent- 
ropic. Real gas effects  were  included. The test  section  static  conditions 
were then  calculated  in a m e r  slmilar to that employed in AEZZ tunnel B, 
as previously  discussed. 
DATA APPRAISk 
/ 
In some cases  involving  eeparation,  pressure  and  heat  transfer  data from 
repeated rune disagree. 'After an examination of the data,  'the  authors have 
concluded  that  separation  phenomena are not  always  repeatable  within the  de- 
gree of control  possible in a practical  test, For example,  boundary layer 
transition  can  cause  large  changes in the extent of separation, and cannot 
always be dupllcated even with  attached- flow. 
paration the  measurements  repeat  consistently. 
obtained  are  shown in figures 4 through 7. 
Bo appreciable  tunnel  flow  irregularities 
Cornell  shock  tunnel.  Hawever.  the  flat date 
In re@& unaffected by ec- 
!I'ypical examples of the data 
have  been  reported  for the 
press? data  at 0" angle of 
attack  and  Mach  number 6.38, shown in fi&e 8, are 20 percent  below the in- 
viscid  calculated  values  for  that  Mach  number. This could be  the  result  of 
upflow in the tutlael or an angle of attack  measurement  error of 0.8". Axial 
Mach nukiber gradients  for  the'  Cornell  shock  tunnel  are  less  thsn .l/ft for 
the  Mach  number 6.38 data  and  less  than .2/ft for  the  Mach  number 15.15 data. 
The AH)c tunnel B has a centerline  flow  which is untfonn to f 0.3$. Axial 
Mach  number  gradient  is O.Ol/ft according to reference 9., 
REVIEW OF BASIC TRMlHy 
Physical  Considerations 
Flov separation is caused by the  action  of an adverse  pressure  gradient 
on boundary  layer  flov.  Because  the  momentum  within  the  boundary  layer  is 
less  than  that of the  .external  flow,  the flow near  the  surface may be  brought 
to rest  or  even  reversed by relatively small adverse  pressure  gradients.  !he 
resulting  changes i n  the  boundary  layer  can  have a large  effect on  the  external 
flow. A tmical example of these  effects  is  'sketched  below. 
.(a) Inviscid flow (b)  Viscous flaw 
11 
With seperation, the 8-e corner flaw is replaced  by an effective.b&y shape 
Indicated by the heavy  line in sketch (b). S h c e  the extern1 flow 1s stjcoly- 
l.y affected, the analysis cannot be conduated  within  the fmmnrork of M a r y  
lapr theory  whlch is based on a prior  knuwledge ef the longitudinal pressure 
distribution. The  actual  behavior of the  pressure and shear force at the B ~ T -  
face  can be dekndned qualltstively  vith  the  aid of sketch (b), ‘band is 
sch-tically in sketch (c) below. 
( 4  (c)  Distribution of pressure  and  shear 
As sham, the  pressure  for  this  idealized  case  is always rising  or  constant 
through  the  separation  region,  while  the  shear  force  becoeees  negative. The 
point of separation,  defined  as  the  first  point  at  which T~ = 0, is seen to 
be well ahead of the corner,  indicating  that  the  initial  pressure  rise  is 
determlned  by  the  interaction of the boundary Iayer  with  the  external  flow 
rather  than  the  corner.  The  point - of reattacbent, 5, is  the  second 
point of sketch (c) at  which T~ = 0. In this report PF will  be  used to de- 
signate  the msximum pressure on the  flap  or  elevon,  whereas,  in  sketch (c) 
above,  the BLaxirmrm pressure  after  reattachment  is  identical to the  final re- 
attached  pressure. 
The  fact  that  the sepamtion point  lies  upstream of the  corner  slmplifies 
the  analysis  somewhat,  since one expects  the  behavior  at  separation t  be 
relatively  Independent of the downstresm flow. With  the  assumption  that  the 
flow at  separation  is  independent of the  details of the  downstream flow, 
Chapman  (ref. 10) dearonstrated  that 
Additional  assumptions used in  obtaining  this  result  are  that  the  flow  is tw -
dimensional and that  the pressure may be  predicted  by  linearized  theory.  This 
result  has  been  confirmed  by  other  investigators, bo h.by analysis and test- 
ing. Since  this  result is basic to the  Interpretation of the  tests reported 
herein, an outllne of its  derivation will be glven. 
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Two-Dimensional  Separation  in  Supersonic  Flav 
It is ass- in the analysis  that'  there  exists a dividing  streamline 
that  foras  the  effective  boundary  of  the iwiscid flov. The essential  fea- 
tures of the  flow  field are sketched  below: 
I 
It  is assuPred that  the  interaction of the  boundary  layer and external  flaw 
that  occurs  ahead of the  separated  reglon  is  independent of downstream  con- 
ditions. The tern "f'ree interaction"  is  used to describe  this  independence. 
Within  the  limitations of linearized theom for supersonic  flow  the pressure 
in the  interaction region pray be  related to the m h  of the boundary  layer 
aleplacegent  thickness a *  by: 
where  the  subscript, e, refers to conditions  at  the  boundary la er edge  at  the 
beginning of the  interaction. In the separated region  the press- is  nearly 
constant  and  given  by 
. . . . - . . . . - 
where A* is  the  equivalent  displacement  thickness or  the  separated region. 
If &!is the  length of the  streamwise extent of free  interaction  and if the 
increase in S* is  much  larger  than  the or ig ina l  valae, then  the  order of 
magnitude of is @vm 
PL 
A boundary  layer  momentum  balance  at  the wall gives 
ax 
Again  by  order of magnltude  considerations  for  constant He 
Equation (10) now becomes 
Multiplying  equations (10) and (11) yields 
or 
To this  point  the  derivation  has  required no knowledge of ‘the  boundary  layer 
state,  and so may  be  applied to either laminar or  turbulent  baurdary  layers. 
Using well known relations  for  the  f’riction  coefficient  and  introducing pro- 
portionality  constants  gives: 
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Several  authors  have  given  somewhat more detailed  derivations  that  lead to 
estiaates  of . All are within  the  general  frameyork  just .given,-  however, 
and subdect e same general. restrictions. 
W a l l  Temperature  Effects 
The vall temperature  and  the  rate  of  heat  transfer to or f r o m  the  sep- 
arated region may affect  the  sepaiation  characteristics  because of the  strong , 
dependence  of  the  transport  properties on temperatures  within  the  separated ' 
region.  Curle  (ref. 11) and  Gadd  (refs . I2 and 13) have  predicted  that  the 
pressure  coefficient  at  separation is independent  of wall temperature. Hat- 
ever,  Curle  predicted  that  the  pressure  gradient  at  separation is inversely 
proportional to the wall temperature and Gadd  predicted  that  the  extent  of 
the  region  of  interaction  should  be  proportional to the  three-halves p e r  of 
the wall temperature.  Later  experiments of Gadd  (ref. 14) shared  little 
effect  of vall temperature  except  under  conditions  of  large  heat  transfer. 
The  analysis  of Erdos and  Pallone  (ref. 15) does  include  wall tempemtare 
effects,  provided no pressure  gradient  exists in the  flow  ahead of separation. 
Their  results  indicate a strong  effect o r  wall  temperature only for  turbulent 
boundary  layers. For  turbulent  flaw  the  predicted  plateau  pressures  were 
calculated  from  the  relations  given  by  Erdos  and  Pallone  and  include  the 
effects  of wall temperature.  The  laminar  plateau  pressures  were  calculated 
using  equation (13) with  the  constant  determined from reference 10 by Chapman, 
Kuelin,  and Larson. 
Hence, 
Aerodynamic  Heating  With  Separation 
The  aerodynamic  heating  effects  of  flow  separation  and  reattachment  can 
be  large  and  extremely  complex. In most  cases  predictions  must  be  based on 
approximate  methods.  The  difficulty of providing  useful  heat  transfer in- 
formation  for  actual  desi-  is  made  somewhat  easier  by  the  fact  that maximum 
values  are  usually  of most interest. As shown in this  report,  upper  bound 
methods can often be  devised. 
The heat  transfer  through a laminar  separated  region was analyzed  by 
Chapman (ref. 16) with  the  aid  of  boundary lapr theory. His calculation 
inaicated  that  average  laminar  heat  transfer is reduced  by  about 50 percent 
as compared to an attached  flow  for  the  same  local  flow  properties  at  the 
boundary  layer  'outer  edge. This result has been  verified in tests of refer- 
ence 17 by Larson for  cavity-type  flow and tests  of  reference 18 by HoUoway, 
Sterrett,  and  Creekmore  for  fonrard-facing  steps.  Although  the  results of-ref- 
erence 17 indicate  that  the same reduction  might  apply to turbulent flaw, the 
test  data of reference 18 indicate an increase in heating  for  transitional  and 
turbulent  separation  over  forward-facing  steps. 
. Reattachment  heating  presents a more complex  problem  because of the large 
pressure  gradient  that  exists  throughout  the  reattachment  region. Chung and 
Viegas  (ref. 19) have  made  a  calculation f  the  laminar  boundary-layer  flow  at 
.reattachment;  however, a  prior  knowledge of the  reattachment  pressure  gradient 
is  required. 
Two original  approximate  methods are used in  this report. The method of 
the  appendix  is  an approximate method for calculating  boundary-layer  inter- 
action  with an expanding  or  colapressing  flaw. The second  method  is an upper 
b a d  estimate  of  reattachment  heating. The very  simple  result  obtained  is 
eeJt = s t J e K  - pMx ( 17) 
%t,undis&be* 'undisturbed c d  
& 
This approximate  result  is  based on the  relation: 
l/n 
which  is a slight  generalization of an 'equation by  Lees (ref. 20). In 
equation (18) n is 1 for  laminar  flow  and 4 for turbulent  flaw. The 
superscript, _" " *, denotes  evaluation  at -the reference telapera-, T ) C Y  
defined  as: 
To evaluate  the  effecf of a  sudden  compression PirnA as predicted  by  equat- 
upstream,  respectively, of a sudden  conrpression. -If 
over a very short distance  the  two  integrals  must  be 
the  compression  occurs 
nearly  equal,  since 
p p ue + ... * *  
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so that 
In this mression the changes in press&  are  dominant.  Hot  only do the 
changes  in Ip, and p* tend to campensate,  but  the  changes in reference  tem- 
perature  are snall, since T and T will not  change  appreciably.  Referring 
to wedge theory,  it I s  f d  that %e ratio of the  local to Free  stream 
velocity  varies  approximately  as  the  coslne  of  the  deflection  angle,  and  so 
is  near 1.0 for  angles  of 30 degrees or less. Meglecting  these  "small" 
differences : 
(P* * 1b 
C 1 + *+ 
P -  (21) 
PI 
Immediately  downstream  of  the  compression  the  heating  rate  be 
as the  integral  in  equation (18) increases.. Hence, equation new becomes 
Since no assumption  has  been  made  regarding  boundary  layer  state,  equation 
(17) applies  in  either  laminar  or  turbulent  flow.  EQuation (17)would also 
be  applicable  in  the  presence  of  flaw  separation  provided no appreciable  in- 
crease  in  the  integral  of  equation (18) occurred  over  the  eeparated region. 
Since  the  integral  represents  the  effect o  w a l l  shear on the  boundary  layer 
growth, it  seems  reasonable  that  the smell shear forms In the  Sepera-ked 
region  are  also  negligible. In the  case of separation  the  subscripts + and - 
would *fer to conditions  fast  ahead of separation and just  downstream of re- 
attachment. 
EQuation (21) cannot  be  expected to be quantitatively  correct. Many 
important  features of separation  end  reattachment  have  been  neglected, 
particularly  the  effect of the  reattachment  pressure  gradient. However, in 
the  absence  of any rigorous method, equation (21) does provide a qualitative 
ucplanation of many of the  observed  results. 
AppLfCATIOH  OF BASIC T B M ) R Y .  TO THE PRES=. PROGRAM 
Almost  none of the  idealizations  used in deriving  equation (16) apply 
in  the present  tests.  Since  the flow was hypersonic,  linear  theory  does  not 
correctly  predict  the  pressure  changes  that  occur.  Induced  pressure  grad- 
ients  existed  over  the  model  surface in the  shock  tunnel  tests,  a  condition 
not  considered in the  simple  analysis. Also, all  models  tested  were of
finite span  so that  three-dimensional flow effects  are  present.  Although 
the  effects of  span  extension  on a flat  plate  were  investigated, no end 
plates  were  used. In either  case  three-dimensional  flow  effects would exist. 
Although  the  measured  flat  plate  pressures  without  separation  are corn- 
pared  with the viscous  theory of  Dewey (ref. 21), the  predicted  pressure 
rises  were  calculated from the  faired *st data  levels  ahead of  the  separ- 
ated  flow. No theoretical  predictions  for  the  location of the  points of 
separation  were  made.  However,  calculated  plateau  pressure  levels,  based  on 
equation (16) for  laminar  flow and reference 15 for  turbulent  flow,  were  com- 
pared  with  the  test  data.  Using the measured  pressures,  the  boundary  layer 
edge  conditions  and  matching  theoretical  separation  and  plateau  pressure 
rises  were  detennined  for  several  axial  stations  aft  of  the  leading  edge,  In- 
cluding  the  region  where  the  observed  pressure  rises to the  plateau  level. 
Because  of  the  low  density  of instmentation, the  actual  point of  separation 
was not  measured  nor was the  character of  the  pressure  rise  to  the  plateau 
defined  by  the  test  data.  Therefore,  the  separation  point was determined as 
the  axial  station  aft  of  the  leading  edge  where  the  faired  data  best  matched 
the  calculated  separation  and  plateau  pressure  levels. 
For the  flat  plate  test,  the  total  pressures  used  for  predicting  the 
boundary  layer  edge  conditions  were  determined from the  tunnel  conditions 
and  oblique  shock  relations of reference 4. The  turning  angle  presumed  for 
each  oblique  shock  was  the  angle  associated  with  the  pressure  rise  from  free 
stream  to  the  most  forward  measured  pressure on the  flat  plate.  For  the 
delta  wing, the  total  pressure  used vas that pressure calculated for a 
stagnation  streamline on the swept blunt  leading  edge of the w&g. The 
predicted  plateau  pressure  rise for  laminar  separation was determined  by 
equation (16). For turbulent  flow, the  plateau  pressure  rise was calculated 
using  the  theoretical  results  of Erdos and Pallone (ref. 15). The separ- 
ation  point was assumed to occur  at  a  pressure  rise  coefficient  equal to 
one-half  of  the  calculated  plateau  pressure  rise  coefficient.. 
The measured maximum pressures  after  reattachment  are  compared  with t o 
predicted  pressure  levels, the  attached-flow  elevon  pressure  and  the  separ- 
ated-flow  elevon  pressure.  The  attached-flow  elevon  pressure was calculated 
by  oblique-shock  theory  using.the  flap or elevon  deflection  as  the  turnlng 
angle  through  the  shock  and  based  on  initial  conditions  ahead  of  the  shock 
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equal t o  those of the undisturbed flow a t  the hinge Une. The pressure on the 
elevon for  separated flaw was calculated from a two-shock system by oblique- 
shock theory. -The turning angle for  the first shock was detefmined from the 
pressure rise t o  the separation plateau and the boundary layer edge conditions 
a t   t h e  beginning of the r i s e .  The turning angle for the second shock was 
( AE - &) as sham in  the sketch below. The finfil: pressure was calculated 
(ref. 4)-by turning 
plateau conditions. 
the flow through the second sh&k from the separation 
I 
Firs t  / 
shock 
I 
Second 
shock 
x e 
Laminar and turbulent  heating  rates  for undisturbed flow were determined 
by the p p method which has been described in  Appendix A of reference 1. 
Tbe reattffcdent  heating  rates were detellnined from the attached-flow pressures 
and equstion (17). The predicted heating rates for the delta wing were cal- 
culated  using  the  blunt  aelta wing leading edge shoulder value as the hinge 
l ine value and increasing it by the  ratio of maximum elevon pressure divided 
by the  delta wing lower surface value. 
I I 
gEsuLTs Am) DISCUSSIOH 
Flat  Plate  Model with Deflected  Flap 
Pressure  data - effect of flap  deflection.- Pressure  data f r a a  the  flat 
plate d e l  are  presented in figures 8 through ll. Schlieren aotographs are 
presented in figure 12. The data  obtained  at  a  Mach  number of 6.38, present- 
ed in flgure 8, were  found to agree Vell with  wedge  theory,  both on the  plate 
ahead  of  the  flap nd on the  flap for deflections of O', 15', and 30'. The 
data  show  little or no indiaation  of  flow  separaliian.  With  higher  flap  de- 
flections,  the  data  indicate  that  separation  occurred. The 0. a q l e  of  attack 
data  with 45' flap  deflection shaw an increase in pressure  well  ahead  of  the 
flap and an increasing  pressure  trend  over  the  entire  length  of  the  rodel. 
With 30" flap deflection, the final pressure  is in good agmerent with the 
attached-flow  prediction.  With 45' flap  deflection the measured  pressure is 
seen to be far  below  the'theoretical  prediction.  The  data of figure 8 also 
indicate  a  local min.lanl.r at x/Lr = 0.5 to 0.7, that  is not in  accordance  with 
the  simple  theoretical  concepts p r e v i o u s l y  discussed. A  similar  behavior has 
been  observed by Graham  and  Vas  (ref . 22) and  is  explained  by  them  as  bel= 
associated  with  the  generation  of  a sp~gll secondary mrtex in a corner. As 
deronstrated  by  the  test  data of reference 22, the ldnirrm is  most  pronounced 
for  the  flat  plate laode1 with the  sharpest  leading edge. The minbmum does m t  
appear in the  data  for  the  bluntest  leading  edge d l of  reference 22. Hence, 
the  appearance of a  local minimum in the  present sharp flat  plate  data i s  not 
s u r p r i s i n g .  
At  the two highest  flap  deflections,  the  data  faken  at  Mach 6.38 with  the 
plate  at 15' angle  of  attack  (flgure 8) show  a  strong  negative  pressure  grad- 
ient  at the  trailing edge. In neither  case  is  the  measured -pressure 
after  reattachment  as high as  the  theory  predicts.  However,  it s seen  that 
the  instrumentation  density  is  such  that  the  peak'value  could have occurred 
without  being  measured. In the  test introl 30" flap deflection,  it seems 
probable  that  the peak pressure  occurred a a L r  = .8 and  'that  it was near 
the  wedge  theory  prediction. !&e theoretical  predictions  for figure 8(b) 
assume  turbulent  boundary  layer  flow  since the heating  data  presented  later 
shaw good agreement  with  turbulent  theory. 
Additional  data  taken  at  a  Wach  number  of 15 are  presented in figure 9. 
The negative angle of attack  data  wlth 0' flap deflection,  .figure g(a), shaw 
a  pressure  disturbance  which  begins  well  forward  of the hinge U s e  and extends 
to the  trailing  edge  of  the  flap. !Chis indicates  possible  separation  which 
could  be  induced  by  the  shock  at  the  trailing  edge. A similar  phenomena 
exhibited  by  the AF = 15" data  produces no definable  plateau  pressure. The 
data  far 30" and 45' flap  deflection  show  reasonable  agreement  -with  the 
plateau  pressure  predictions  by  the  method  of  reference 10 (eq. (16)), al- 
though  in no case  is  there  agreement  with  the  predicted  final  pressure. 
The viscous-flat plate  pressure curve, calculated  by  the  method  of Dewey, 
(ref . 21) gives fairly good agreement  with  the 0' and +l5' angle of  attack 
data. Hawever, the -15' angle of attack  data  are  as m c h  as 3546 below  the 
values  predicted  by the method  of Dewey. 
Pressure data  for  the  flat  plate  at 0. nd +l5' angles of  attack  are  pre- 
! sinted in figure-sb) and 961, respectively. As the flap angle is increased, 
the oepration point move8 faward, the plateau  pressure  leiel  rises and the 
length,of separation increases. As sham in figure g(b) for 15' of  flap  de- 
flection  at 0. angle of attack, the flow appears to =in attached. The data 
do  not show a sudden incrcase at the flap hinge line as  predicted  by  inviscid 
attached-flow  theories. Starting at  the flap.hinge line, the  pressure  rises 
gradually and approaches  asymptotically  the  inviscid  pressure  level  at  the 
flap trailin edge. A relation is presented in the  appendix to this report, 
aquatian (A8 P , expressing  the  pressure  rise in a  corner  for  hypersonic riscous 
flow. This equation has coupled  the  inviscid  and viscous flow through the use 
of  the llewtonian pressure and the b d a r y  layer  relations  presented in the 
appendix. 
The basic  assumptions  involved  are: 
1. Boundary layer  displacement  thickness  dawnstrear df the  corner is pro- 
portional to a pavar (close to unity)  of  the  pressure. 
2. The displacement thicknms distribution  represents the effective  edge 
stretmllnc along which-the iwiscid flav turns. 
3. The inviscid pressure distribution is given by llewtonian theory. 
As aharm in figure g(b), the  test  data  are  bracketed  by  the  theoretical 
r iecous and i~~d8Cid prpsures. Although  the viscous corner  flaw  theory  pre- 
dicts  the  character  trend of the  data,  it has underestimated  the  flap  pressures. 
The 30. and 45' flap  deflection  cases  show  measured  parlmum  pressures 
after  reattachment  significantly  below  the  predicted  separated  flow  values. 
This could be a  result  of  the cqlicated interaction between the  bov shock and 
the separation and reattachment  shocks.shown in the Schlieren photograph in 
'figure l2( e). However,  it  mast  be  remembered  that in any real  test, the 
urlrll obeerrred  value will generally be, lees  than the actual rarimm, which 
m y  occur at o w  one uninstrmented point. The steepness  of  the  obserrsd 
pressure gradients in the  present  test  2s  such  that  the peak value  could easiu 
hare  occurred  between the pre8suz-e gages. (e.g., the alternate  data  fairing 
shorn in figures 9(b) and 9( c) ) . 
The meas- plateau prcs8~1-e~ shown in figure 9 are  seen to agree reason- 
ably well with  the  predictions  based on the  method  of C h a m :  
21 
The procedure  for using this  equation to predict C, has been  described 
in the  prcrious  section. K 
Pressure data  for  negative  flap  deflections,  presented i '  figure 10, are 
well above  inviscid  theory. The discrepncy is not  attributed to flow se- 
parations  since  the  pressure  gradient  is  favorable. A siaplifled  interaction 
theory  described in  the appendix is  seen to predict  the  trends  of the' date as 
shown  by  the  solid  lines in f igure 10 For both  Mach 6 38 and Mach 15.15 the 
viscous  effects on elevon pressures predicted  by  the theom are too lbrge. 
Ressure data - effect  of 8penytensIon.- In order to evaluate the 
three-dimensional  influence  of  a  finite-span  flat  plate on th  separation 
caused  by  a  deflected  control surface, the  flat  plate  model vas provided  with 
span extensions  as  shown in figure 3. The chord  of  the flap vas 4 inches and 
the  basic span was 7 inches, @ring a flap  aspect  ratio f b./"p = 1.75. With 
a 6-inch  span  extension,  ,the  flap  aspect  ratio v s  increased to 3.25. Hone of 
the  flat  plate  model  configurations  included  end  plates. 
The effect of the span extensions on the  pressure  distribution is shown 
in  figure 11. The corresponding  heating  data  are  presented in figure 16. The 
extensions  caused  the  plateau  pressure to increase and the  locations  of max- 
imum pressures on the  flap to move aft, except when the  peak  already  occurred 
at  the  trailing  edge.  Although  saue of the  pressure and heating  data  at Mach 
6.38 and 0' angle of attack  were  not  usable and not  shown in figures U(a) and 
16(a), the  separation  is  transitional  with or wlthmt span extensions. Haw- 
ever, the  point of boundary layer transition has loved u stream for the  extend- 
ed span data. The k c h  15.15 data  shown  in ' figures 11( cy and U(d) at angles 
of  attack of 0' and l5", respeotlvely,  are all laPlinar, regardless  of span. 
Span extension  does  not  appreciably  affect  the  characteristic  dip in pressure 
at  the  end of the  plateau  for  either  Mach  number. 
Heatina  data - effect of flar,  deflection.- The effect of flap  deflection 
on the  flat  plate  model  heating  is  presented i  figures 13 thmugh 16. The 
heat  transfer  data  for  the zero flap  deflection  are  compared  vith  analytical 
values  based on the pr theory (ref. 1). These  data  agree  well  with  the 
theory  predictions for bo%h  laminar  and  turbulent  flow. 
Heating  rates  for  the  deflected  flap  are seen to be  qualitatively  siplilar 
to the  pressure  data. As pointed  aut in a previous  section,  this  similarity 
is to be  expected in regions of large  pressure  gradients,  such  as  those  exist- 
ing in the  present  tests.  The  trends  observed  ahead  of  the  flap  are  not  pre- 
dicted  by  the  above  considerations,  however. Although at  Hach 6.38, heating 
data  ahead of the  flap  do  show an increase in heating  rate  vhen  flaps re de- 
flected,  there is usually no corresponding  increase  in  pressure. In contrast, 
the  Mach 15 data  of figures 9 and 14 show an increase in pressure,  but no in- 
crease in heating  for a 30' flap  deflection angle. The  Mach 6.38 results, 
shown in figure 13, are  attributed to transition,  while  the  Mach 15 results 
are qualitatively  consistent  with  the  expected  beharior of laninar  separated 
flaws. 
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Heating  data  for  negative  flap  deflections  are  presented in figure 15. 
The theory curve for expansion m e r  the  flap  is based on a method  presented 
In  the appendix and predicts, 
h %t 
!EL ISt,HL plu 
- * - I =  P - 
The theory  is  seen to correlate  both  the  lamlnar  and  turbulent  pressure and 
heating  data. 
Heating  data - effect of s w  extensions.- !€'he effect of span extensions 
on the flat  plate  heating  lgtes i presented in figure 16. The  largest  effect 
was observed on the  flap  at  Hach 6.38 at d angle  of attack,  where  it  is  seen 
that  the  heating  rates  were  significantly  reduced on the flap. When  the  exten- 
.,sions  were used a  less  severe  reattachment  peak  occured.  The  observation 
c d d  not be confirmed  vith'  pressure  data,  due to insufficient  instrumentation. 
The remaining plots of figure 16 show  little  effect of Spgn, but  are  consis- 
tent  with  pressure  data in indicating  that  the  reattachment  peak ly~ves back as 
the span is  inoreased. 
The  heating  data  at  Mach 6.38 and 0" angle of attack  are  presented in 
figure 16(a). For  the  undeflected  flap  case,  comparison of the  data  with  the 
theory  indicates  boundary  layer  transitian  occurring  oyer  the  last  half of  the 
plate. The press- data  agree  with  the  laminar theory over  the forward portion 
of the  plate  and  rise to the  turbulent  theory  level  near  the  trailing  edge. As 
was,mentioned earlier, in the  discussion  of  the  corresponding  pressure  data 
of figure =(a), with  a  deflected  flap,  boundary  layer  transition  occurs 
farther  upstream  for  the  extended span case. A t  Mach 15.15, agreement of  the 
heating  rate  data  vith theory indicates pure laminar  boundary  layer flow. 
Separation on a  Blunt  Delta W i n g  
Pressures.-  Pressure  distributions on the  laver  surface of the  blunt  delta 
wing  of  figure 1 at  Mach 8.08 along  a 6" ray llne (35s span) are shown in 
figure 17. The data are shown  Over  a  range of angles of attack  from 0" to 30". 
The pressure  data  are  for  elevon  deflections of 20" and 45" and for  the  elevons 
.removed . Data  for  the wing without  elevons has been  labeled AE = Q . The 
pressure  ,parameter  used is P/Pto where P' is  the  model  stagnation  pressure 
(the total pressure  behind  a  normal  shocky. The distance  parameter, S/D, is. 
the distance, S, along  the  surface on a 6" ray line,  divided by  the diameter, 
D, of the blunt  leading edge. Since D is nominally equal to one  inch, S/D 
is ' equal to the  distance in Inches . ..Repcat runs are indicated by flagged syribols. 
The  extent  of  separation is indicated in figure 17 by  the  length  of  the 
diriding streamline, whlch was estirated fram obsemd separation points, 
and is shown  for  each cme. !he point of separation was deterrined *-.the 
data by the  technique  described previously for  the  flat plate.  .At the scp- 
aration  point on the 6' ray line of  .the wing, that turning angle was deter- 
ained (using the  oblique-shock  relations  of  reference 4) which .yould corns- 
pond to the  rise froaa the boundary layer edge conditions, across an obllque 
shock,to. the masurcd plateau preesure. Assuming that on the 6' ray llne the 
dividing streamline I s  straight and at the  calculated turning angle to the 
wing, the  intersection of the diriding rrtredine with  the  deflected  elevon 
determines  the  point  of  reattachment and 4 The values  obtained  agree wel l  
vith  the  elevon  data  of flgures 17 and 20. 
eP' 
eP' 
It is shown in figure 17 that  increasing  the .elevon deflection from 200 
to 45' caused  both  the  separation and reattachment  points to m v e  forward. 
The mvement of the  reattachment  point is much  less  than  that  of  the  separation 
point, so that  the  length  of  the  separated regLan.1~ increased. The separation 
length is seen to reach a ~ a r l m u m  at  about 1V angle of  attack. For elevon 
angles of 20' at a 2 20', the area of  separation  apparently  does  not ex end 
forward to the  most  aft  pressure gage on the wiq and is not  shown. 
Spanwise  pressure  distributions  are  presented in figure 18. Separation 
effects  are  shown  over  the  entire,instrumented por ion of  the  wing span at 
the  rearmost gage location, xcL/D = 13 .&. At a = 0' , separation  has occurred 
for xcL/D - 12.26 with AE = 20', and for - 9.32 wlth AI! = 45'. When 
a = l(r , separation  has  occurred  for xcL/D - 7.85 with AE = 45' . There is 
also evidence of separation  near  the  centerline a$ xcL/D = 9.32 vith AE = 20'. 
The wldth  of  this  separation  &creases  farther  downstream. 
A more graphic indication  of  the  extent  of  separation is provided  by 
figure 19, In which the  separated  region has been  indicated  by  shading. The 
separated  regions  were  determined from the  pressure  distributions  together 
vith  the  calculated  dividing  streamlines of figure 17. Separated  regions 
corresponding  to two elevon settings are shown on each  plot.  However,  both 
elevons  had  the  same  setting  for any particular  test. 
At  angles of attack of 0" and 5', deflection  of  the  elevons  causes  baun- 
dary  layer  separation  pver a large portion of the wing. At 5' angle of attack, 
45' of elevon  deflection  separates  all  of the boundary  layer ilk except on 
the  leading  edge  or very near  the  nose. It is  not  clear  whether  or  not  the 
flaw remains separated  in  the  reglon  of  the  trailing  edge  centerline. 
24 
Heat transfer.- Heat  transfer  distributions  at  Xach 8.08 along a 6' ray 
line en the  lover  surface of the blunt  delta wing are ahawn in flgure 20. Each 
heat  transfer  distrLbution f figare 20 corresponds to a pressure distribution 
of figure 17. The data are sham m r  a range of angles of atfsck  of 0. to 25'. 
Heat  tranafer  data  at .  = 3V and an elevon  deflection of 4y are  not reported 
due to tunnel blockage. The heat  transfer  data are for eleron  deflections of 
20' and 45' and for the delta wing with the elevons raracd. Data vithairt 
elevons ' h a v e ,  been labeled . AE - 0.. The heat  transfer  parameter  hcre  is 
method is the Stanton m e r  corresponding to the d e l  stagration conditions 
and rodel thickness. The distance  parameter, SjD, is the same as used in 
figure 17. Repeat runs are noted  by  flagged  symbols. 
= s J = s y  where Hst is local Stantoh mOLbcr and Hst,o (calculated by  the pr p, 
A l l  of the  distributions  Shawn  in  flgure 20 -bit a characteristic  trend. 
The separated  heating  rates  are  below the no-elevon  values in the forward part 
of the separated region,but  rlse'rapidly  Just ahead of the elevon hinge line. 
This trend'is  slmllar to that shown by  the  transition  data of Sterrett  and 
Holloway in reference 23, and lray indicate  transitional  flow in the present 
tests. The measured  heating  rates in the  separated  regIan are net  always  re- 
peatable  as  is  shown by  the  data  for 45' of flap deflection in figures  20(b) 
and 20(hj. The corresponding pres8- data in figures  17(b) and 17(h), re- 
spectively,  demonstrate much better  repeatabiuty.  The  poorest  repeatability 
seems to occur  near  the  start and end of separation. Again, this could be 
caused by the  randomness of transition,  psrticularly in eridence for the 0' 
angle of attack case of figure 2O(a) . 
The  divlding  atreaalines  which  were  detelrined from the pressure  data are 
shown again for coarparlson with  the heat  transfer data. The overall apcllrent 
of the pressure  and  heat  transfer  data  with  respect to the  obserrcd  locations 
of separation and reattachrsnt  is good. In a few  cases,  such a s  figares 20( c) 
and 20(d), the heat  transfer  data  show  the  effects of a disturbance  sanewhat 
upstream of the  location  Indicated  by  the press& data of figures l7(c) and 
17(d). The pressure  and  heat  transfer data were  taken OIL the same  model,  but 
at  different  tiaes in the  test m. When  tho heat  transfer  data  were  taken, 
the  rodel was enclosed in cooling shoes  while  the  angle of attack was varied. 
However,  for the  pressure  data,  the  coaling  shoes  were  not  used  when  test para- 
meters were changed.  Therefore, the pressure data  represent a hlgher wall 
temperature to total  temperature  ratio.  Sinae wall cooling tends to reduce 
the extent of separation, the expected  effect of wall temperature would lead 
to larger separated areas for the pressure  test data. 
Elwon mcssures and heat-.- Eleron pressure and heating  data re pre- 
sented in figures 21 and 22. The pressure  data,  flgure 21, are oorpared to 
obliqpe-shock  theory  for  the loaal flow conditions. For referehcs, the calcu- 
lated  hinge h e  pressure for no flap  deflection  is also shown. 
The data  are  seen to fall between  the  two  theory  curves,  and  indicate a 
large variation. in pressure over  the  elevon. Tbe variation  is  largest  at low 
angles of  attack  and  the  largest  elevon  deflection.  Bowever,  the  upper  bound , 
of the  data  is seen to be  predicted  well  by  the  attached  flow  (oblique-shock) 
theory. It  will be noted  that  for an elevon  deflection of 45' both  the  theory 
and the data  indicate  local  pressures  approximately  three  times  the  stagnation 
point  value.  This  result  reflects  the  high  dynamic  pressure  that  exists  be- 
hind the  main  wing  shock mve. It  is  noted  that  the  pressure  at  the  outboard 
tip of the  elevon  is  consistently high and in good  agreement  with  the  attached 
flow theory,  while  the  Inboard  gages  indicate  pressures  that are usually an 
order of magnitude  lower. This behavior is consistent  with  the  previous  in- 
formation regarding  the  extent of separation.  At  the  highest  angle of attack 
with 20. of elevon  deflection,  it is seen  that  the  pressures  are  nearly  con- 
stant and in agreement  with  the  attached  flow  prediction,  confirming  the 
earlier  statement  regarding  the  absence of separation  for  this  condition. 
Based on the  data  of igure 21, it appears that  attached  flow  theory  provides 
a god prediction of maximum pressures  after  reattachment, even in  the presence 
of extensive  separation. 
The  corresponding  heat  transfer  data  are  presented in 8 similar  manner 
in figure 22. m e  data  show  trends  that re very slmilar to those  shown  by 
the  pressure  data.  However,  the  details of the heating'distrllption  are  sane- 
what  different  with  the  point of maximum heating  at  or  near  the  elevon  midspan 
in many cases. As with  the  pressures,  the,maxiarma  heating  rates on the  elevon 
exceed  stagnation  point  valueg  for 45" of  elevon  deflection. The lowest  heat- 
ing  rates  occur  at  the  inboard  trailing  edge  in  nearly all cases.
The  application of equation (17) to  delta wing elevon  heating  la  coapli- 
cated  by  the  three-dimensionality of the  flow.  Heating  rates  vary  consider- 
ably  along  the hinge line, 80 that the  choice of an undisturbed  value  is  de- 
pendent on the  location  at  which  the  method  is to be applied. If an upper 
bound is desired, the maximum hinge  line  value  should be used. For  the  sub- 
ject  blunt  delta  wing,  the maximum hinge  line  value  is  predicted to occur  at 
the  leading  edge  shoulder. This value,  nnultiplled  by  the  theoretical  pressure 
ratio  shovn  in figure 20, is  shown in figure 21 as "Attached  flov  theory". 
The agreement  of  this  method  with  the  data is seen to be poor at  low  angles of 
attack. The agreement *roves with  angle of attack  with  the  upper  bound  well 
predicted  for A E  = 200 and angles  of  attack  from 20" to 30'. The  agreement 
wlth  the  data  for AE = 45" also  Improves  with  angle  of  attach,  but  the 
theory  still  exceeds  the  highest  measured  value  by  about 50$ at  the  highest 
angle of attack. 
The comparison  indicates  that  the  theory  used  here  greatly werpredicts 
the  data  for  most  conditions.  It is, of course,  possible  that  much  higher 
heathg rates  occurred  than  were  measured.  Considering  the  tremendous 
range of the  measured  values and the  limited  number  of  instruments,  it is 
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virtually  certain  that highek values  did  occur  and  were  not masured. Accord- 
ing to the theory'used here,  the maximum heating  rate  should  occur  at  the  out- 
board tip  of  the elevon,  a  conclusion  that is  in agreement  with  the  data. With 
only tW0,thermocouples In that reglon the uistence of local  values  approach- 
ing  the  theory  is  not precluded. 
At  high angles of attack, the  undisturbed  hinge  line  values  are  much  more 
unifora, so that.  the  uncertainty in the  application of  cqaation (17) is  much 
lass. 
Coplparison of Plateau Ressures and Separation  Lengths 
Plateau D=SSUIC.- Plateau  pressure  data fraa the present program are 
sarmarized In figure 23, together  with  theoretical  predictions  of  referenees 
10, 15, 23, and 24. The flat  plate  data  are  seen to agree  well  with  the  pre- 
dictions  (also  shown in figure 9). The blunt  delta  wing  data  are  seen t o  
generally fall belav  the  flat  plate  theory. As noted previously, the  finite- 
span flat  plate  data  indicate  that  three-dimensional  effects  reduce  plateau 
pressures. A larger  effect  is to be  expected  for  the  delta wing data. 
As shown in figure 17, the blunt  delta  wing  data  exhibit  a  favorable 
pressure gradient  ahead sf the separation.  Following the practice of refer- 
encq 22, the  pressure  coefficients  were  recomputed  as  referenced to an initial 
pressure  that  ignored the induced  pressure  gradient. 'phe correlation  with 
the  flat  plate  results  are improved but  are  still lower than  the predictions, 
indicating  that  the  reduction  is  due to three-dimensional  flow  effects.  This 
conclusion  is  confirned  by  the  good  agreement  of  the  flat  plate  data  with  the 
theory in spite of the strong  induced  pressure  gradients, (e.g., fig. 9). 
Figure 24 presents the plateau  pressure  data  plotted  versus  edge  Mach 
number from the  beginning of the Dressure  rise to the  separation  point.  Again, 
most of the  delta wing data  fall  far  below  the  flat  plate  data or the  appimp- 
riate  two-dimensional  theory  line. 
Len&h of  seuarated  flaw  region.-  Comparisons  have  been  made  of  the 
length  of  separated  flow  observed  in  the  present  tests  with  the  theoretical 
predictions.  These  camparisons  are  presented  in  figure 25. Figure  25(a) 
shows  a  correlation  of  present data with  the  following  expression of Erdos  and 
Pallone  (ref. 15). 
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In addi t ion to the  data of th i s  report, same data by Hakldnen e t .   a l .  
(ref. 24), Put- (ref. 25) and Pate (ref. 26) are also shown. mere is  seen 
to be very l i t t le agreement with anything except the original  correlation of 
reference 24 data shun by Erdos and Pallone. Hovever, sinee there appears 
te be a mah number effect, equation (24) was re-exambed. Coabining equation 
(24) with equation (8)  leads te 
and 
1/10 (26) 
The reference conditions and constants used by Erdos and Pallone are 
Me = 2 
6 
HRf2,* = 0.2 x 10 e 
for laminar flow 
and 
5 = 4.15 
ne = 2.8 
= 2.0 x 10 6 'Re, x e 
for turbulent flow 
These values are used i n  equations (25) and (26) t o  obtain: 
and 
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The data of figure  25(a) are presented in figure 25(b)  plotted  according to 
the relation  Indicated  by  equation (29). Then appears to be  llttle ifprovc- 
m t  in correlation  over figure 25 ( 8 )  . 
Hakkben, Greber, Trilling, and Abarbnel, (reference 24) have derived a 
sem~-emp~r&.~. relation  for region. Their  relation is the  length of the 
2.53 (I.+ 2 
constant-pressure  separated 
which  can  be  written in a more convenient  form: 
This relation  has  been  plotted in figure 25(c) together with the Nach 10 data 
of Putnam, and the sharp flat  plate and blunt-delta wing X-20 data. The cor- 
relation  of the data is poor. However, rodirylng the  constant Erom 2.53 to 
0.08 greatly  Improves  the  agreement,  particularly  with  Putnam's  data.  Hawever, 
the X-20 data  are  still  badly  scattered. 
The final  plot  of figure 25 presents an empirical  correlation  that was 
suggested  by  the Erdos and  Pallone  parameter. The correlation is seen to be 
more successful  than  the previous attempts,  although  considerable  scatter 
StIU  aSt8. 
Interference 
Tests vere p e r f o m d  at  Mach 8.08 i n  AEDC tunnel B on representative X-20 
configurations;  including a camposite wing-body model and a wing vith fins and 
rudders. The coaposite  viag-body slmlated the X-20 forward  center  body  con- 
t a b i n g  the pilot's  ui.ndshield. Pressure and heat-  data  were  taken  at the 
center of the vindshield, on the upper surface of the ving in the region of 
the bodylring junction, and along the iin leading edges. 
Il_indsbield D I . C S S U ~ ~ S  and heatiqg.0 Pressures  measured  at  the  center of 
the windshield  are  presented in figure 26 for angles of attack fram -10" to +20° . 
The data  for +5', 0. , and -5. angle of  raw are! shown.  Figure  l(c)  shows the 
location  of the pressure tap. 
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In order to interpret  the  flow  mechanics  associated  with  the  experimental 
data,  it was necessary to collrpEve the  test  data  with  theory  for var i us flaw 
models  depending upon the angle of attack  range. The  shaded  band i n  figure 26 
represents  the  locus of theoretical  calculations  which  correspond to the ex- 
perimental  data. As could  be  expected,  at  negative  angles of attack where the 
windshield  approaches a 9 incllnation to the  free stream,  the preseare ' 
approaches  the noma1 shock  value.  At CP angle of attack  the pressures agree 
with  either  of two flaw models:  first, a two-shock  colapression  coneisting  of 
a 18 cone  followed by a 16. wedge; -and secondly,  a n o m 1  shock and expansion 
to the  shoulder  followed  by a two-shock  compressitm  consisting of twv 16' 
wedges.  At +lo" to +200  angle  of  attack  the  flow  appears to be separated at 
the  shoulder. The  theory  line  which  agrees  with  the  data  in  this region was 
based  upon a normal shock and expansion followed by  separation  at  the  shoulder 
with  plateau  pressure  levels  corresponding to eqyation (14). Within  the smal l  
scatter of the  data shown in figure 26 it is  difficult to isolate any effects 
of  the small yav angles. 
Stanton  numbers  measured on the  wlndshield  are  presented in  figure 27(a) 
for Q of yaw, and in figure 27(b) for 2 5" of yaw.  Although  these  heating 
data  are  associated  with  the  pressure  data  of  figure 26, the thermocouple 
locations on the  model  windshield were am either side of the pressure tap  which 
was on the  centerline.  Figare  l(c)  shows  the  dimensional  location of the  in- 
strumentation.  For  the Q yaw case, the  heating  follows  the t rends of  the 
pressures. The predicted  heating  presented in figure 27(a) was determined 
from the  calculated  pressures  of  figure 27(b) by  the  following  relation: 
p )  *st, 0 = (a) (e) (33) 
&ere the constant, was deterained  empirically. 73' 
This  technique v a s  suggested  by  the  analysis,presented  earlier  in  this 
report  of  the  effects  of  flap  deflection on model heating.  The  correlation of 
the  predicted  heating by this  technique to the  measured  Stanton  numbers  is 
excellent. The predicted  heatlng.matches  the  measured  heating as well as the 
original  calculated pressures match  the measured pressures. 
The  windshield  heating for the  yawed  conditions  is  presented in  figure 
27(b). The  predicted  heating  for  the unyawed condition  lies  between  the  heat- 
ing measured on either  side of the windshield  centerline. The windward gage 
Indicates  the  highest  heating  rate in all cases. 
Shielding ai the  windshield  at  positive  angles of attack  is  demonstrated 
by f i g u r e s  26 and 27. At  angles  of  attack  greater  than lo', shielding  has  re- 
duced the  heating aad pressures on the rindshield by at  least  one-order of 
magnitude . 
U m r  surface winn heatinq.- Heating  rates on the leeward  surface of the 
blunt  delta wing-body model, as sham in  figure l(c), are  presented in figure 
28. Data  are shown in terms Of faired  contours to clar i f 'y  the presentation. 
As the  angle of attack  increases f r a n  5' to 20°, the maxlmm heating rates 
are seen to decrease  by more than 50$. With  the ving at 5' angle  of attack, 
the  heating  rates  are  greatest  near  the  leading  edges  and  decrease in th  af t  
and inboard  directions. - 
With  the wing at  higher  angles of attack, the  heating  rates  over  the 
forward portion of the wing behave In a  similar fashion, with  the  largest  heat- 
ing rates  at the  leading  edge and forwaH slang  the body. However, as shown 
In figures  28(b)  and 28(~), two distinct  peaks in  heating  rate  occur  at  approx- 
imately 355 and 70$ span at the tralliq edge of the wing.  At the  highest 
angle  of  attack  the  inboard peak has  disappeared. 
The flow  exhibiting  the two peaks appears to be somewhat  similar to the 
flow field  produced  by  a  shock from a  two-dimensional  wedge  impinging on a
flat  plate. This case has been  investigated by Wbran, Redeker,  Miller and 
Strack In reference 27. A  flow fleld  sketch from reference 27 is  reproduced 
here  because of its'apparent sI4larity  to the delta  wing upper surface flow 
in the  presence of the body. 
Section A-A 
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In the delta wing-body flaw  field  the body shock wave corresponds to the 
fin shock. in the  sketch on page 31. . The  impingement of this shock on the  wing 
boundary  layer  would  lead to an interaction of the type observed in reference 
27 wlth  secondary  vortices  as shown. The hpingenent of the streamlines 
separating the two vortices  could  produce the Ugh heating  rates  observed  near 
the body. 
Fin leading  edge  pressures  and  heating.- Pressures and heating  rates'  were 
measured along the  leading edge of a,  swept f l n  attached to the blunt  delta 
wing model.  Details of the configuration are presented in flgure l(b). 
Fin leading  edge  pressures  are  presented i  flgure 29 for angles of attack 
frolm Oo through 20°. The data  are in general  agreement  with  theoretical  pres- 
sure trends on an isolated  swept  cylinder. The effect of madder  deflection on 
f i n  leading  edge  pressure is negllgible. The  difference  between  the  faired 
curves in figure 29 indicates  that  a  disturbance  caused  by  the wing bow  shock 
has interfered  with  the fin flow field. At Oo angle of attack  the a r t  (aut- 
board) fin pressure data'agree  with  the  calculated.  isolated  swept  cylinder 
stagnation  line  value.  At  angles of attack  less  than l(r the  bov  shock  dis- 
turbance  has  increased  the fin leading  edge  pressures on the forward  (inboard) 
pressure  tap.  At loo angle of attack, the  disturbance  has lpoved outboard and 
both  fln  leading  edge  pressures  are  the  same. 
Heating  rate  data  along  the  fin  leading edge, which  correspond to the pres- 
sure  data of fignre 29, are  shown in figure 30. All of these  data are consid- 
erably lcnrer than  the  isolated  swept  cylinder  theoretical  values.  However, 
later  tests  of  complete  configurations  with  denser  instnunentation  produced 
much  higher  heating  rates on the  fin  leading edge.  Although PO effect of 
rudder  deflection on pressure  data was observed, the  heating  rate  data  shov 
a  general  increase with increased  rudder  deflection from 20' to 45" . In most 
cases, a heating maximum occurs at  opposite  ends of the f i n  leading  edge  for 
the two rudder deflections. Marlmum heating  occurs inboard for a rudder  de- 
flection  of 20°. The dashed  line in figure 30 was faired  through  the  data 
taken at the inboard  gage with 20" of rudder  deflection. Using the  ratio of 
the measured  pressures  at the inboard  and  outboard  locations on the  fin  leading 
edge, the effect of bow shock  disturbance on heating  rates was predicted as 
shown in figure 30. The  ratio of heating  rates was determlned  after  equation 
(21), and pray be  stated 88 
An analysis has been Blade of the  hypersonic  flow  separation  and  interfer- 
ence  data  at  Mach 6, 8, and 15 taken frm tests  conducted in the  X-20 program. 
The models  tested  included a sharp  flat  plate  with  deflected  flaps,  and a  blunt 
delta  wing  with  body,  elevons,  fins  and  rudders. The flat  plate was tested  at 
Mach  numbers of 6.38 and 15.15 and at &nal  Reynolds  numbers .of 1.4 x 107 and 
1-12 X 105, respectively.  Test  angles  of  attack  were -15", 00 and +15" 
flap deflections of -45" , -20" , , +15", +3O', and +45' . The  blunt ving was 
tested  at a Mach.number of 8.08 at a nominal Reynolds nmber of 1.2 X 10 6 . 
The delta  wing was tested with windward  elevon  deflections of 200 and 45" at 
ansles of attack up  to 30'. Tests  were  made on the bodyring  combhation at 
'angles bf attack. from -10" to +200 . . .  
Separation  did  not  occur on the sharp flat  plate  at 13ach 6.38 wlta a  flap 
deflection of 15'; vith 3V flap deflection, a  slight  separation may hare 
occurred  at Q angle  of attack. At 45' flap  deflection,  separation  occurred 
well'ahead  of  the  flap.  Heating  rate  ccuparisons  indicate  that  the flow 
ahead of the flap v a s  lamlnar  or transitional.  At  Mach 15.15, laminar  separ- 
ation  occurred with  all  flap deflections. The extent  of  separation was very 
small for 15' of flap  deflection  at 0. angle of attack. 
The sharp flat  plate  plateau  pressure  data  are  generally in good agree- 
ment  with  the  predictions  of  theories  developed  for  much  lower  Mach numbers. 
The relatian 
was found to agree.with measured  plateau  pressures to within  about 255 at 
local  Mach  numbers up to -X?. !Chis  agreement was observed  even in tests 
with  large  favorable  pressure  gradients  ahead of the  separation.  However, no 
reliable  means  of  predicting  the  location of the  separation  point  or  the 
length  of  separation was found. 
The plateau  pressures w e r e  nearly  constant  over  the  length  of the separ- 
ation.  However, many cases  exhibited  a  slight minianm near  the  hinge  line 
that  is not predicted  by  the  basic  theories. It appears  that  the  observed 
: m i n i m u m  is  attributed to the generation of a  secondary  vortex wltlrLn the 
separation. 
Marlmum pressures  after  reattachment on the  flat  plate  were  generally  at 
or below  wedge  theory  predictions. In those  cases  where maximum pressures 
after  reattachment  were  well  below wedge theory,  very  large  pressure  gradients 
were often present,  indicating  that the  peak  values lray have  occurred  at,&- 
stkented locations. 
~ __ 
Maximum heating  distributions  after  reattachment  were  qualitatively 
siailar to lpaxirmm pressure  ratios  after  reattachment. Maximum heating  rates 
were  generally  equal to or lees than mimum values  calculated for attached - 
flaw. These cal&ated maximum values 
suggesting  that 
are based on heurlstiu  arguments: 
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Maximum calculated  values  were  exceeded  by the flat  plate  data  only  when  tran- 
sition  occurred  between the  separation and reattachment  points. 
The delta wing data  show  extensive  separation  due to levon  deflection  at 
low angles of attack in spite of the  small  size of the elevons. The chord of 
the elevons was only lo$ of the wing root  chord  and they  were  separsted by a 
gap that was approximately 20$ of the wing span. At lo" angle of attack virtu- 
ally  the  entire  wing was in separated flow with  elevon  deflections of either 20. 
or 45'. At a 20" angle of attack, the extent of separation was greatly  reduced 
'but  still  extended to 20% of  the  model  length  or lore. The  plateau pressures 
on the delta wlng were found to  be generally well  below  the  theoretical  pre- 
dictions. This is  attributed to three-dimensional flow  effects  since  the flat 
plate  model  exhibited  a  slight  but  similar  result,  that  was  reduced by increas-
ing  the  model span. 
As on the  flat  plate d e l ,  maxiwna pressures  after  reattachment  were well 
predicted  by  local  oblique-shock  theory assuming attached flow. The corres- 
ponding  heating  predictions  based on the  above  relation  were natch above  the data 
in  most cases. Good agreement v a s  obtained  for angles of attack from 20' to 3Q 
with an elevon  deflection of 20.. In the  other  cases  the  measurements  take on 
a very  wide  range of values. The  heating  distribution  is  characterized by ex- 
treme  gradients,  indicating  that  much  higher  values  could  have  occurred  at 
uninstrumented  locations. 
Data from  the vlng-body and whg-fin codbinations  indicate  extremely  com- 
plicated  flow  fields  that  defy  analysis.  However, the windshield  heating  rate 
data  were  found to be directly  proportional to the measured  pressure  over  the 
entire  range of angles of attack. 
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The crpansion of a hypersonic flow about a sharp corner  can  be  strongly 
affected by the  presence of a boundary layer. The effective  turning  angle of 
the flew external to the  boqndary  layer is reduced  because of the boundary layer 
growth, as shown in the sketch belw: 
The ass\nption I s  made  that  the  effective  expansion  angle m y  b approximated 
bY 
d6 * AV = AF - -
dx 
where A v i s  the  inviscid flow expansion angle, AF is  the  surface  angle, and 6* is 
the  boundary  layer  displacement  thickness. The calculation of  the  flow in the 
expansion region is  seen to require the simultaneous  solution of  the boundary 
layer  equations and a Prandtl-Meyer  expansion.  Because of the  complexity  of 
such a calculation,  simpler  methods  were  sought. 
Behavior  of  the Boundary Layer In Hypersonic  Expanding  Flow 
The boundary  layer in the expansion  region will respond to changes In ex- 
ternal pressure, temperature, and velocity.  However, for a hypersonic flow the 
effect of pressure will be dopinant. For example,  the  velocity  increase in ex- 
panding an ideal  diatomic .gas from a Mach mmber of 5.0 to any higher  Mach 
n\mber  is  less  than loqb. The changes in boundary layer  edge t q r a t u r e  will be 
large,  but the  change in the mean boundary layer  temperature will also be 
relatively small. The  tcrperature  change ray be estimated  with  the  aid of the 
reference  temperature forrrrrla of Eckert  (ref .28) 
T* = 0.5 Tw + 0.22 Taw + 0.28 Te 
The recovery  temperature, Taw, whlch  is  ruch  larger  than  the  edge  terper- 
ature, Te, changes very little in an expanding hypersonic flow, greatly  reducing 
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the  effect,of changes in T . 'The actual effect,  based on a recovery faator of 
0.85 for an ucpansion f'rakch 5.0 to W c h  lnflnity, is as follows: 
It is seen  that  the  largest  possible  change is about 30$# under  conditions for 
which  the pressure would  decrease to zero. 
In contrast, the  boundary  layer  .thickness  rmst  depend  strongly on the 
pressure. The requirement  that  the  boundary layer mass flow (which  increases 
with  distance in ordinary flows) does  not  decrease. in  the erpansion, leads te 
Approximating  the  integral  by  mean  values 
Rem the previous discussion,  changes in velocity  and in the  mean  boundary 
layer temperature,' F, are  relatively small, so  that  applwcimately 
Use of the  equal sign in equatioa (A5) is equivalent to neglecting  boundary 
layer  gruwth as a  lhnctian of distance.  Since the noma1 growth of the b m -  
dary  layer  reflects  the  integrated.effect o  the  shear  force  at  the w&d.& the 
effect  vill  be small if the region of calculation is small compared to the 
leading  edge  distance. -her, the  thickening of the  boundary  layer implied 
by  equation (A5) mast be accorpanied by a decrease in wall shear  force. If it 
is assumed  that  the  boundary  layer  profiles r-n slmllar  through the urpan- 
sion and  that the effects of velocity  changes  and  external  temperature  changes 
can be neglected, there 
The percentage  boundary 
rated  by  the  expression 
results 
layer  growth in the urpansim region can  then be esti- 
on the follarlng page. 
JO 
7 -dx 
?or the present  tests, the estimated  increase in the distance  integral 
of the vaU. shear force is less than le, end is neglected. The arguments for 
eqyation (A6) also irpls that 
a result that was used in figure 15. 
Erpanding Flow Calculation 
Based on the above reasoning,  It is assumed that 
. & *  
6 *HL - (p;Lr ” - 
where P I s  the  local pressure and the aubscrlpt, EL, denotes values at the 
hinge  line. The exponent n is taken to be constant  for aw particular  calcul- 
ation. Differentiating  equation (A8) and cambining  the  result  with  equation 
( ~ l )  leaas to 
Handiaenslanallting equation (Ag) with nspcat to hinge line values, 
Equation (AlO) establlshes a relation  between  the pressure gradient and the in- 
viscid flow eqpnsion angle as deterained from the boundary layer  eqyatian (A8). 
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A second  equation is now required to express the inviscid  relation  between  the 
flaw  erpansion  angle, Av, and the pressure. Far expanding flow, the  Prandtl- 
eyer ftmction  tabulated in reference 4 v a s  used. 
Method of Integration 
It was necessary to integrate  equation ( ~ 1 0 )  numerically. It was faand 
most  convenient to treat X as  the  dependent  variable. The  derivation of a 
formula suitable for numerical  treatment,  with n = 1, is a8 follows 
writing  equation (All) numerically and using barred  quantities for averages 
Over  the  interval X 
The averaged  values  are approxhated by using  the  geometric mean pressure 
and evaluating Av at  the  mean pressure 
Combining  equations (AX?), (Al3), and (Al4) gives 
r -l 
[@j/Pj+l’ - J xj+l = xj + 
[OF - ( z j j J p j  
Equation (Al5) is conveniently  integrated  by  selecting a constant  value of 
pJ+l/pj. With  this  ratio  specified, all values of p and are determined 
and it only remains-to calculate  the values of X j .  The  initial  value of 
Av= 0 i s  established by  the  requirement  that dp/dX ”De finite at  the  hinge -.
3 3 
Application to Compression Flow 
Although  the  discussion  leading to (AlO) is  not  entirely  applicable in com- 
pression  flows,  it  is  interesting o compare  the  method  with  data f i a m  the 
present report. 
For corprekon flows (AF negative), isentropic compression is not to be 
erpected and for this case lVewtoniem theory was used to calculate  the  local 
pressure 0 
where, as before, Av = A? - (as*/-). In this case both AF and d8*/dx are neg- 
ative. w i t h  the approriPrafion (sin av) ~ ( a v ) ,  there results 
again differentiating equation (A8) and combining the result with equation (Al7) 
and therefore, 
X =  n 
p=l 
P AF - 
Equation (a8) may be integrated numerically. In closed form (for n = 1) it 
becoPaes 
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Figure 18.- Lower  surface spanwise pressure  distribution on a 
blunt  delta wing with  deflected  elevons. 
Mm= 8-00; A =  73"; %e,L, = 1.202 x lo6; 
P I o  = 1.63 psia; Eo = 7.5 x 10- 6 ft-lb/slug. 
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Figure 18.- Continued. 
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Figure 19.- Extent of separation on the lower surface of 
a blunt delta wing due to  elevon deflection. 
Mm= 8.08; A =  73"; IV = 1.202 x 106; 
P' = 1.63 psia; Bo = 7.5 x 10 ft-lb/slug. 
Re, 4. 
6 
0 
94 
- Centerline 
"""" 
--- . - Centerline 
Figure 19.- Contlmed. 
95 
"" . - Centerline 
AE - 45" 
a = 20° 
Continued. 
I (f) QL = 25. / "" " -  
- Centerline 
Figure 19. - Concluded. 
97 
. 01. I 1 1 1 1 I .  1 I 1 1 1 1 1 1 i , I  
0 2 4 6 8 10 12 14 16 
S/D 
(a) a = O", A E  = 20. 
(b) a O", A E  = 45" 
Figure 20. - Heating  distribution along a 6 O  ray line on the  lower 
surface of a blunt  delta wing with deflected  elevons. 
M,= 8.08; A = 73"; N 
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Figure 20.- Continued. 
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(a) AE = 20" 
Figure 21.- Pressure  distribution on a deflected  elevon 
attached to a blunt  delta King. Moo= 8.08; 
A = 73" ; 'I = 1.202 x lo6; 
Re, L, 
6 P' = 1.63 psia; H = 7.5 x 10 ft-lb/slug. 
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Figure 21.- Concluded. 
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Figure 22.- Heating  rate  distribution on a deflected 
elevon  attached to a blunt  delta wing. 
6 M, = 8.08; A = 73'; I. = 1.202 x 10 ; 
Re&, 
P' = 1.63 psia; Eo = 7.5 x 10 6 ft-lb/slug. 
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Figure 22.- Concluded. 
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Figure 23.- Plateau  pressure  correlation  with  Reynolds  number. 
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Figure 24.- Plateau pressure correlation with Mach numbr. 
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Figure 25.- Length of laminar and transitional separated region 
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Figure 25.- Canclubed. 
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Figure 26.- Flat  windshield  pressures on a canopy. 
M O O =  8.08; N = 1.202 x 10 ; 6 
Re, L, 
PIo = 1.63 psia; Ho = 7.5 x 10 6 ft-lb/slug. 
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Figure 27.- Flat  windshield  heating  rates on a canopy. 
Ma= 8.08; = 1.2@ X lo6; 
PIo 5: 1.63 psla; Ho = 7.5 x 10 ft-lb/slug. 6 
Open symbol, leeward themmcauple 
Closed  symbol,  vindward thermmuple 
-10 -5 0 +5 +10 +15 
Cy, degrees 
side of 
?ld  centerline 
(b) # - +5' and '-5" 
Figure 27.- Concluded. 
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Figure 28.- Heating rate  distributions on 8 blunt delta wing In 6 
proximity to  a body. Ma= 8.08; l?Re,Lr = 1.202 x 10 ; 
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P ' = 1.63 psla; H = 7.5 x IO6 ft-lb/slug; 
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Figure 29.- Pressure on the leading edge of a swept fin 
mounted on the t i p  of a blunt delta'wing. i. 
M,,,,= 8.08; IV = 1.202 x lo6; 
Re,  L, . 
P', = 1.63 psia; Ho = 7.5 x lob f't-lb/slug. 
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Figure 30.- Heating rates on the leading edge of a fin 
mounted on the t i p  of 8 blunt delta wing. 
Ma= 8*08; NRe,Lr = 1.202 x lo6; 
6 
‘0 
= 1.63 peia; Ho = 7.5 x 10 ft-lb/slug; 
Nst, 0 = .0277. 
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